








 
 

(Haidn, 2008; Manski et al., 1998). Higher combustion chamber pressures also 

require more powerful turbo-pumps increasing the weight and power 

requirements. For example, in order to have combustor pressure of 40 bar (4 

MPa), turbopumps will need to deliver about 50 bar to account for the losses in 

the feed system, LOX dome, injector elements, etc. (Daidzic et al., 1991; Humble 

et al., 1995). For example, an extensive analytical, computational, experimental, 

and visualization studies of pre-ignition thermal-hydraulic transient processes in 

MBB’s LOX/LH2 HM-7B 3rd stage LRE Ariane IV were investigated in a 

number of proprietary technical reports by Daidzic (1990a, 1990b, 1991a, 1991b) 

and also in Daidzic et al. (1991). The flow and thermal problems associated with 

turbopumps starting and operations, complex transient and steady-state two-phase 

flows in LOX Domes and injector elements, mixing fuel (LH2) and oxidizer 

(LOX), combustion and combustion instabilities, thermal processes in combustion 

chambers and nozzles, etc., are truly extraordinary.  

 

 
 

Figure 6. Nozzle expansion ratios as a function of altitude. 

 

The two concentric elliptical-cross-section tanks carry up to 13,100 lb of 

liquid cryogenic bi-propellants. About 750 lb of LH2 and 350 lb of LOX (rocket-

assist) are reserved for transatmospheric propulsion. The O/F ratio for bi-
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specific impulses), approximately as the following (Ball and Osborne, 1967; Hill 

and Peterson, 1992): 

 

    1
11

 
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jfij

n

j

jj

n

j

jtotal mmmrmrlnCvv              (11) 

 

Another practical (often the only possible) way to deal with the problem of 

launch vehicles is to introduce staging (in series and/or parallel). Why not get rid 

of the structure (inert) mass which is no longer needed? The first stage in 

traditional launch vehicles, such as in the venerable Saturn launch vehicles for 

Apollo missions (Brooks et al., 2009) is quite inefficient as it has to lift its own 

weight.  

 

And indeed, we can get rid of the first-stage by utilizing catapult-rail sled-

assist launch. The idea to use catapult/sled is not new. It has been discussed and 

proposed many times and especially in the Soviet/Russian designs. Olds and 

Bellini (1998) have suggested using Maglifter for their highly-reusable Argus 

SSTO RBCC concept. Catapult launch can be seen as a substitute for an air-

launch. Air-launch automatically implies TSTO design. However, there is no 

evidence that a practical horizontal catapult-launch spaceplane facility exists.  
Large savings in structural weights can be achieved by utilizing the nearly 

horizontal catapult launch system. Several high-elevation equatorial locations 

have been chosen for the future spaceports (Daidzic, 2011, 2016): 

 

 Kenya (Mount Kenya, 5,199 m at S0o 09′ 03″, E37o 18′ 27″). 

 Tanzania (Kilimanjaro, 5,895 m at S03o 04′ 33″, E37o 21′ 12″) 

 Indonesia (Sumatra, Pegunungan Barisan Kerinci peak 3,800 m at S1.697o 

E101.264o).  

 Indonesian part of Papua – West Papua Irian Jaya (Maoke mountains with 

highest peak Puncak Jaya, formerly known as Carstensz Pyramid at 4,884 

m and located at S04° 04.733’,  E137° 09.572’) 

 Ecuador (close to Quito, 5,800-6,200 m Andean peaks, close to Equator 

and around W79° longitude) 

 

For example, Chimborazo (S01o 28′ 09″, W78o 49′ 03″) in Ecuador is an 

inactive stratovolcano. Its vicinity offers opportunities for building a spaceport. 

With the peak elevation of 6,268 m (20,564 ft), Chimborazo is the highest 

mountain in Ecuador (see Figure 7). It is also the highest peak near the Equator. 

Its location on the equatorial bulge (Earth is approximately an oblate spheroid) 

makes its summit the farthest point from the Earth's center on Earth’s surface. 
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received from building a catapult on the slope with gravity assisting launches 

which would optimally utilize hilly terrain in the vicinity of high peaks.  

 

Table 4 

 

Catapult performance characteristics for GLOW 10,909 kg spaceplane 

 

 Launch speed [m/s] 

 200 300 400 500 600 

2.0g      

t [s] 10.20 15.30 20.39 25.49 30.59 

s [m] 1,019.7 2,294.4 4,078.9 6,373.2 9,177.4 

F [kN] 214.0 214.0 214.0 214.0 214.0 

E [MJ] 218.18 490.91 872.73 1,363.64 1,963.64 

Preq [MW] 42.79 64.19 85.59 106.98 128.38 

Pdsgn [MW] 55.63 83.45 111.26 139.08 166.89 

4.0g  

t [s] 5.10 7.65 10.20 12.75 15.30 

s [m] 509.9 1,147.2 2,039.4 3,186.6 4,588.7 

F [kN] 427.9 427.9 427.9 427.9 427.9 

E [MJ] 218.18 490.91 872.73 1,363.64 1,963.64 

Preq [MW] 85.59 128.38 171.17 213.96 256.76 

Pdsgn [MW] 111.26 166.89 222.52 278.15 333.78 

 

Ascent and orbit injection dynamics 

 

After safely clearing the catapult, the RBCC engine will deliver 100% 

thrust and the spaceplane will roll to establish a correct launch azimuth angle (if 

required) and commence moderate-gradient accelerating climb using combined 

air-rocket thrust, as needed, so as to achieve 3M  (900 m/s) at 18 km elevation 

(59,000 ft) at about 65-70 degrees pitch angle. The RBCC’s LRE is supporting 

afterburning ramjet mode until about Mach 1.8, after which full 15,000 lbf ramjet 

thrust is available. The initial acceleration-climb trajectory would be optimized 

for the spaceplane to stay below the max-Q limit. As the spaceplane starts 

pitching up to assume a steep accelerating climb, the two, each 3,000 lb heavy, 

HRBs with T/W=3.67:1 are ignited providing thrust-kick of 22,000 lbf. Unlike 

Solid Rocket Boosters (SRB), HRBs can be throttled and even shut down if 

needed for mission abort. This is now a total of 37,000 lbf with the initial T/W of 

about 1.61. As needed, the airbreathing thrust-mode is supplemented by an 

RBCC’s rocket-mode while accelerating the spaceplane in a GT-maneuver so as 
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to achieve about 7M  (2,300 m/s) at the altitude (in reference to mean spherical 

Earth) of 110 km (360,000 ft) and about 115 seconds after HRBs ignition. 

 

The acceleration from 900 m/s ( 3M ) to 2,300 m/s ( 7M ) is to occur 

over about 100 seconds delivering tolerable average acceleration of about 1.43 g. 

Predominantly 15,000 lbf (53.5 kN) ramjet mode with subsonic combustion will 

be used for this boosted accelerating vertical climb through atmosphere to take 

advantage of atmospheric oxygen. At a height of 110-120 km and about 200 km 

downrange, the two HRBs (with combined dry weight of 500 lb) are jettisoned, 

parachuted, recovered, and reused (like SRBs/SRMs in retired STS Space 

Shuttle). 

 

The RBCC engine is now fully re-configured for a rocket-only mode 

providing up to 25,000 lbf of thrust (can be throttled from 50% to 100%) to take 

now about 17,000 lb spaceplane (T/W=1.47) to 300-km LEO. Maximum ascent 

T/W ratio is 1.85 and the LRE is throttled back as needed to maintain given 

longitudinal acceleration. The illustration of the flight trajectory and critical 

mission altitudes is depicted in Figure 9. Spaceplane stability and control is not 

discussed here. For practical purposes it is assumed that at 110+ km, the ascent is 

in practical vacuum with no aerodynamic drag. With HRBs separated, the 

spaceplane is now accelerated from 2,350 m/s to 7,265 m/s in reference to topo-

centric (spaceport) frame-of-reference. For a 300-km circular LEO that would be 

7.72989 km/s in reference to inertial geocentric frame-of-reference. The amount 

of propellant needed for achieving given v  with given propulsion system can be 

estimated from (Humble et al., 1995): 
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For the average ideal specific impulse of 455 s, the required v  of about 

4,965 m/s, the initial spaceplane mass of 17,000 lbf (at about 120 km after HRBs 

separation), the ideal bi-propellant weight becomes 11,350 lbf. Additional 650 lbf 

of LH2/LOX bi-propellant accounts for remaining gravitational and other losses. 

At 120-130 km, the spaceplane is almost half way to LEO and has about one-third 

in orbital kinetic energy requirements. The sustainer LRE bi-propellant amounts 

are really very tight with no room for error. At orbital insertion, the originally 

24,000 lb heavy spaceplane weighs only about 4,500 lb (2,045 kg) of which 660 

lb (300 kg) could be payload (including human crew). The terrestrial prograde 

(direct) inertial orbital boost of about 465 m/s is added to the burnout (final) speed 

for easterly launch azimuth (zero inclination orbit) from equator to yield the 
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needed 300-km LEO orbital speed in geocentric frame-of-reference. The catapult 

launch speed of about 300 m/s and the terrestrial equatorial inertial speed almost 

cancel out losses due to gravity, aerodynamic drag, steering, etc. The mission 

design delta-v is expressed as: 

 

rotationsteeringDraggravityLEOdesign vvvvvv           (16) 

 

 
 

Figure 9. Spaceplane GT (   , 0 ) trajectory when launched nearly 

horizontally. Not to scale. 

 

Onboard Orbital Maneuvering System (OMS), utilizing N2O4/MMH with 

effective ISP of 315 s, is used for final orbit injection and circularization. 

 

If another orbital inclination angle is sought (apart from equatorial), the 

launch azimuth is approximately, ψcosicossinβ  . For the launch from the 

Equator where latitude angle, 0 , a simple relationship follows, icossin  . 

For example, an orbital inclination, oi 30 , a launch azimuth (measured from the 
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true North) required will be o60 . A huge benefit of equatorial launches is that 

launch windows will always exist (Bate et al., 1971; Sellers, 2005) and 

considering ultimately three facilities at different longitudes, these launch 

windows will open frequently every day. While not full benefit of easterly 

terrestrial rotation can be then taken, it is still far better than trying to change orbit 

inclinations while in LEO. The easterly inertial speed comes from Earth’s rotation 

   cos.cosRv Eee  1465 , where the sidereal day is 23 h 56 min and 

4.0905 seconds (about 86,164.1 s) and equatorial radius is 6,378.137 km. The 

IERS/ITRS and WGS-84 standards use average rad/s 102921157 5 .E . 

 

Derivation and analytical solution of GT ascent trajectory in the case of 

constant (T/W) ratio, negligible aerodynamic drag, and constant terrestrial 

gravitational acceleration is presented in Appendix B. Calculations of zero-drag 

GT trajectory were performed using the constant T/W value of 1.90 and are 

shown in Figure 10. The spaceplane peaked at 406-km height at suborbital 6,750 

m/s and 482 seconds (about 8 minutes) after initiating GT. As it starts slow 

descend it picks up speed. Subsequent orbital maneuver can bring it to desired 

circular LEO. The GT started with the initial engine gimbaling (steering) 

maneuver pitch change of 4 degrees from the vertical at a speed of 165 m/s (320 

KTAS) and a height of 1,000 m. While it is possible to maintain constant T/W 

ratio for most of the ascent (throttling LRE), this simple theory cannot account for 

aerodynamic drag losses and variable gravity, but still produces useful results. 

 

Ascent trajectory modeling and simulation 

 

The mathematical model of rigid rocket motion for spherical rotating 

Earth with several coupled nonlinear ODEs can be found in Ashley (1992), Vinh 

(1993), Tewari (2007), and Weiland (2010). The geocentric reference frame 

would be fixed (to distant stars), sufficiently inertial, frame of reference. Often it 

is possible to use non-rotating spherical Earth or even non-rotating flat-Earth 

approximations for faster and simpler computations. We thus neglected Coriolis 

and centrifugal accelerations using simple topocentric non-rotating flat-Earth 

slightly non-inertial frame (Ball and Osborne, 1967; Etkin, 1959, 2000; Kolk, 

1961; Tewari, 2007; Thomson, 1986; Vinh, 1993; Weiland, 2010). Only rocket 

propulsion exists in a very rarefied atmosphere. Assuming zero-AOA GT 

trajectory, the set of ODE describing dynamic and kinematic relationships is: 
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Figure 10. Result of analytical GT trajectory computation. 

 

The initial conditions (ICs) for integration are: 

 

0

0

0

0

0

0

0

0

0

0:ICs xxhhmmvv    

 

The same set of equations was used for GT transatmospheric ascent, with 

different engine and booster models and accounting for aerodynamic drag. The 

aerodynamic drag and the ballistic coefficient (BC) are given as: 
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Thrust of RBCC engine is a function of propulsion mode and altitude. To 

keep acceleration constant, thrust is reduced as the vehicle becomes lighter. Since 

the effective exhaust speed is constant, that implies propellant mass flow rate is 

reduced at the same proportion. The ascent acceleration used was between 1.5 g 

to 2.2 g for manned flights. The total coefficient of drag CD is a complex function 

of Mach and Reynolds numbers, sideslip angle, and the coefficient of lift CL. It 

will experience dramatic changes going through subsonic, transonic, supersonic, 

and hypersonic regimes (Ashley, 1992; Vinh, 1993): 

 

      2

0 L,DD CMKMCMC                   (19) 

 

 Parasitic, vortex, and wave drag must be all accounted for. Fortunately, 

during atmospheric ascent the spaceplane clears dense atmosphere before it 

accelerates to high Mach numbers. Hypersonic drag and intense aerothermal 

effects become a real problem during atmospheric re-entry. It is assumed that 

sideslip is maintained zero at all times by the flight control and guidance systems. 

For most of the climb, the lift coefficient is zero due to GT. By neglecting the 

Reynolds-number dependence and the transient flight through transonic region, 

we assume the constant value of CD for this spaceplane design of 0.20 (Sutton and 

Biblarz, 2001; Tewari, 2007) at high Mach numbers (M > 3). Of course, in a very 

detailed and complex flight trajectory calculations, drag changes with Mach 

number, atmospheric wind changes with altitude, and other factors would have to 

be included. Constitutive relationships for gravitational acceleration and air 

density as functions of orthometric (MSL) reference Geoid altitude are: 
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The isothermal atmospheric model used here is valid above 5 km elevation 

and approximately up to 120 km (Ashley, 1992; Chapman, 1958; Daidzic, 2015a, 

2015b; Hill and Peterson, 1992; Tewari, 2007). According to Stacey and Davis 

(2008), the International Gravity Formula represents the current model of Earth’s 
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gravitation which includes the rotation of the Earth and in geodetic latitude is 

expressed as: 

 

      GDGDGD sin.sin..g  2000005900053024017803279 22              (21) 

 

This is the reference variation of gravity and any deviation from it is 

referred to as gravitational anomaly. The circular inertial orbital speed is: 
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where, 

 

m103716/sm109860044183 6

0
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The Earth’s polar radius is 6,356.8 km and the equatorial radius is 

6,378.137 km. The spherical-average radius is 6,371 km. The set of ODE 

(Equation 17) and the algebraic constitutive relationships (Equations 18-22) can 

be integrated numerically using advanced, variable-step, active convergence with 

error control ODE solvers (Carnahan et al., 1969; Chapra and Canale, 2006; Press 

et al., 1992). And indeed we have done so using various sophisticated variable-

step, in-house developed and built-in, ODE solvers in Matlab R2015, True Basic 

v6.0, and Fortran 90/95/2003/2008 with IMSL numerical libraries. However, a 

simple numerical solver, with minimum programming effort required and based 

on the Euler forward-time fixed single-step integration (Carnahan et al., 1969; 

Chapra and Canale, 2006; Press et al., 1992) for vacuum rocket-only mode is 

presented in Appendix C. This solver is reasonably accurate for shorter flight 

durations. The same solver was used for transatmospheric ascent where 

aerodynamic drag is a significant force. The transatmospheric and vacuum (above 

110 km) ascents were approximately stitched together. The RBCC engine modes 

are very different for transatmospheric and rocket-only propulsion mode and the 

desire was not to complicate the simulation model too much for this conceptual 

study.  

 

Orbital maneuvers and atmospheric re-entry 

 

The return to earth from LEO is accomplished by one-burn de-orbit 

maneuver. It is essentially an interrupted Hohmann transfer ellipse where the 

perigee of the lower (and closer) orbit can be set at about 30-100 km to control the 

angle of atmospheric re-entry. Once at about 120-125 km (400,000 ft), the 
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spaceplane, now accelerated above 300-km LEO orbital speed, will start 

encountering aero-braking from increasingly thicker atmosphere. The re-entry 

angle must be carefully chosen and controlled to optimize between aero-thermal 

heating and powerful deceleration forces. Clearly the Keppler’s laws of orbital-

mechanics are no longer valid. The spaceplane will perform maneuvering gliding 

re-entry. The de-orbit maneuver is illustrated in Figure 11.  

 

 

 
 

Figure 11. An illustration of de-orbit maneuver. Perigee of the Hohmann’s 

transfer orbit need not be set at Earth’s surface. Not to scale. 

 

Typically, the OMS system is used for initiating de-orbit maneuver.  We 

planned using toxic MMH/N2O4 hypergolic bi-propellants with the gimbaled high 

expansion-ratio nozzle space-engine with the effective ISP of 315s for OMS. This 

is similar to Space Shuttle Orbiter’s OMS (Humble et al., 1995; Sutton and 

Biblarz, 2001). Spaceplane could use cold-gas RCS thrusters for attitude control 

(pitch, roll and yaw rotations). However, more energetic, toxic, but with flight 

heritage, hydrazine (N2H4) mono-propellant (ISP of about 240 s), or alternatively 

low-ISP and with little flight heritage, but environmentally friendly, Hydrogen-
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Peroxide H2O2, could be used as substitutes. Another substitute for RCS could be 

before mentioned MMH/UDMH (organic compounds of Hydrazine) in 

combination with NTO (Humble et al., 1995; Sellers, 2005; Sutton and Biblarz, 

2001). The final design would depend on complex optimization and tradeoff 

between the system simplicity, reliability, weight, performance, and safety. 

 

The speed reduction required for initiating the Hohmann elliptical transfer 

from 300-km LEO and given deorbit perigee height Hdeorbit can be calculated 

using the following equation from Thomson (1986) with the 2nd form derived 

independently by this author: 
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After substituting known values, a retro-burn of about 59 m/s (to start 

accelerating transfer-orbit descent to lower orbit) is required for 100-km transfer-

orbit perigee. About 80.5 lb of Mono-Methyl-Hydrazine (MMH) fuel and 

Nitrogen TetrOxide (NTO) oxidizer is required to de-orbit from 300-km LEO. For 

minimum-energy co-planar co-tangential Hohmann orbital transfer from circular 

300-km LEO to circular 400-km LEO, where the International Space Station 

(ISS) is located, will take two OMS firings, the first of 28.7 m/s, and a second 

28.6 m/s,  for a total v  of 57.3 m/s. The Time-of-Flight (TOF) for transfer is 

about 46 minutes and it would take 78.1 lb of MMH/NTO. To de-orbit from 400-

km LEO with deorbit perigee height of 80 km, the 4,250-lb spaceplane would 

need v  of about 93 m/s (305 fps) with the MMH/NTO amount used of 126.6 lb 

(57.5 kg). The orbital inclination changes are prohibitively propellant-expensive. 

To change orbital inclination by just 1 (one) degree, for the same orbital weight, 

the spaceplane would need v  of about 135 m/s with the 182 lb of hypergolic 

MMH/NTO. There is only about 350 lb (159 kg) of MMH/NTO bi-propellant 

available onboard the spaceplane. Without orbiting space gas-stations and kick-

motors available to be picked-up and used, any orbital inclination change or 

making larger orbital maneuvers would be prohibitive. All what is left is enough 

propellant for deorbit, some limited orbital transfers, attitude control (cold gas N2) 

and some basic maneuvering (Huges, 2004) for docking/rendezvous, etc. A skip 

re-entry could enable spaceplane to commence orbital inclination changes 

(Weiland, 2010) without much propellant expenditure. 

  

The physics of re-entry is very complicated and is not discussed in this 

conceptual study. For more details on re-entry physics consult Chapman (1958), 

Regan and Anandakrishnan (1993), Sellers (2005), Tewari (2007), and/or Vinh 
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(1993). For accurate predictions the re-entry model must account for Earth 

rotation and sphericity (geocentric inertial frame of reference). A separate article 

is envisioned in the future that will tackle problems of re-entry deceleration, heat 

transfer, overall heat absorption, and cooling methods. A proposed spaceplane 

need to be designed to safely endure 350-500 atmospheric re-entries. Required 

maintenance must be performed after each flight during its life cycle.  

 

Cost analysis 

 

It is, of course, very hard to give reliable cost predictions for future space 

systems and missions which also depend on technological developments. The 

presented cost analysis is rudimentary and no claim to high accuracy is claimed. 

There are many degrees-of-freedom, most of them unknown, that can affect the 

final cost. Nevertheless, we found it important to give at least an order-of-

magnitude cost predictions. Most of the technologies and materials required for 

this catapult-assisted RBCC SSTO parallel-boosted spaceplane concept already 

exist. Flight testing proposed ramrocket RBCC engine would be required to 

consistently deliver required performance as suggested here.  

 

It is estimated that the cost of designing, obtaining land lease, and building 

each equatorial, high-altitude spaceport with catapult facility, 10,000 ft long and 

150-ft wide fully instrumented asphalt runway, and all associated infrastructure 

would cost 2 (two) billion in today’s US$. Facilities to produce and/or store some 

of the propellants (LOX, LH2, N2, NTO, MMH/UMDH/N2H4) must be accounted 

for. Electric power distribution with internal emergency power generation is a 

must. A banks of super-capacitors could be used for rapid catapult electrical 

power supply. For three spaceports (e.g., Ecuador, Tanzania, and Indonesia) that 

would be 6 billion US$ if there were all built at the same time. Each facility 

would employ personnel of about 120-150 trained technicians, mechanics, 

engineers, and other profiles and about 40-50 specially trained pilots/astronauts 

(pilotnauts).  

 

Design, testing and manufacturing each spaceplane with RBCC engine 

and all systems could cost about 100 million US$ per unit if 40 are delivered. 

Each spaceport would operate 10 spaceplanes with 3-4 spare. The life-cycle of 

each spaceplane would be 10-15 years with required maintenance and about 35 

cycles/missions per year per unit. The total investment cost in spaceplanes would 

then be 4 billion US$. In order to build and place orbiting space gas-stations, mini 

space shelters/stations, and orbital kick-motors in designated LEO, an investment 

of about 3 billion US$ is required. To launch such items, the existing heavy-lift 

launchers are required. The total investment for completed and mission-ready 
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three facilities, spaceplanes and required space-infrastructure would be thus about 

13 billion US$. For comparison NASA’s annual budget in 2015 was about 18 

billion US$. Naturally, only one facility could be built initially and only 5-10 

multipurpose spaceplanes built. Such horizontal catapult-assist spaceports make 

financial sense only for high frequency of launches.  

 

All three space launch facilities with about 1,000 launches per year and 

associated cost of 900,000 US$ per launch (propellants, catapult, maintenance, 

operations, flight crew, personnel, insurance, etc.) would then need about one 

billion US$ annually. If the return-on-investment is expected in 8-10 years that 

implies profit of about 2.5-3 billion US$ every year from all three facilities. If the 

average prorated conservative cost (all operating and fixed cost included) of a 

single mission is $900,000 for payload of 300 kg (including human payload) that 

would imply launch cost (in today’s US$) of about $3,000/kg (realistically could 

be less). It is a rather common human tendency to frequently underestimate the 

future cost of a project. Nevertheless, this figure is still an order-of-magnitude 

lower than, for example, STS Space Shuttle mission which delivered average 

payload of 20,000 kg for the cost of almost 1 billion US$ or about 40,000-50,000 

US$/kg. 

 

Consider also that each multipurpose spaceplane may return 100-200 kg of 

collected space junk or other items per mission at a cost of about $2,000/kg. That 

would be about $200,000 to $400,000 additional earning per mission or about 150 

million US$ income per year on average. Reducing the amount of space junk and 

debris in LEO is certainly an important civilizational interest. Such spaceplanes 

could be used as space-taxi to transport people and materials to and from orbiting 

space stations (space tourism) and as emergency escape vehicle. A comprehensive 

analysis of space transportation systems including their design and cost analysis is 

given in Hammond (1999). The author also briefly discusses future NASA’s fully 

reusable RBCC SSTO vehicles as a means to significantly reduce launch costs 

and provides figure (an overly optimistic in our view) of $300-$600 per pound (in 

late 1990’s US$). 

 

Results and Discussion 

 

The results of transatmospheric and vacuum ascent trajectories were 

solved and presented separately. Only limited numerical trajectory optimizations 

were performed. The part of accelerating climb up to 18 km and reaching 900 m/s 

(2,000 knots) are not shown. The ascent trajectory and propellant remaining 

(solid/liquid HRB propellants and ramjet-LH2) mass as a function of downrange 
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distance for transatmospheric flight while performing GT climb is shown in 

Figure 12. Similarly, transatmospheric ascent time-history is shown in Figure 13. 

 

 
 

Figure 12. Transatmospheric ascent trajectory starting at 18 km height and 50 km 

downrange from the catapult launch and at 900 m/s and GT starting pitch angle of 

about 65 deg. 

 

Transatmospheric speed and thrust-to-weight (T/W) history is shown in 

Figure 14. The HRBs are used in about 120 seconds and then jettisoned to reduce 

inert mass. The T/W ratio is linearly increasing with altitude reaching 2.2 at about 

135 km and speed of about 2,250 m/s. We only approximately stitched the 

transatmospheric and the vacuum ascent regimes as they were calculated 

separately. The T/W ratio suddenly drops to zero at about 135 km as that point 

designated burnout and separation of HRB’s and termination of air-breathing 

ramjet/RBCC propulsion. At that moment VGI is closed and the rocket-mode 

takes place. Aerodynamic drag plays significant role in transatmospheric flight 

only up to about 30-40 km as shown in Figure 15. Above 50 km and speeds in 

excess of 1,175 m/s, aerodynamic drag is almost non-existent. Dynamic pressure 

evolution and max-Q (at 12 km height) are presented in Figure 16. The max-Q of 

about 42.5 kPa is quite high due to the fact that Mach 3 is achieved at relatively 
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low altitude (18 km). But the spaceplane is also much more compact and sturdy 

and does not have long cylindrical bodies that are susceptible to buckling like in 

traditional multi-stage vertical-launch vehicles. The gravitational loss to achieve 

about 135 km height and reach 2,300 m/s from 18 km and 900 m/s while 

performing GT was numerically integrated  to yield 877.3 m/s. At the same time 

the aerodynamic loss was only about 30 m/s. Such low energy losses are primarily 

the result of choosing high-elevation to begin with. 

 

 
Figure 13. Transatmospheric ascent time and fuel remaining. 

 

The vacuum ascent trajectory and the bi-propellant remaining amount 

history utilizing rocket-only mode is depicted in Figure 17. Vacuum rocket-only 

ascent starts at about 130 km orthometric height and 200 km downrange from the 

catapult launch site at 2,300 m/s and the GT pitch angle of about 33 degrees to the 

launch site local horizontal After the separation of HRBs and propellants used for 

atmospheric propulsion, the spaceplane weighs about 17,000 lb with the LRE 

proving about 25,000 lbf (111.206 kN) of thrust. The gravity turn started in lower 

atmosphere continues and is completed by the time the spaceplane reaches about 

6,500 m/s and 300 km LEO. Active steering was then performed to maintain 

desired LEO while accelerating. Simulations showed that 12,000 lb (5,454 kg) of 

LOX/LH2 (O/F=5:1) for rocket-mode was just sufficient to achieve LEO inertial 

speed. 
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Figure 14. Transatmospheric ascent speed and T/W histories. 

 

 
Figure 15. Forces on spaceplane during transatmospheric ascent. 
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Figure 16. Transatmospheric dynamic pressure (max-Q) history starting from the 

catapult launch. 

 

 
Figure 17. Vacuum ascent trajectory. 
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The time history of vacuum ascent is presented in Figure 18. It took about 

302 seconds until MECO. This time needs to be added to about 150 seconds of 

total transatmospheric time-of-flight (TOF) to arrive at the total burnout time of 

450 seconds. The simulated spaceplane speed and T/W-ratio history is presented 

in Figure 19. Thrust-to-weight ratio starts at about 1.5 and is monotonically 

increased as the propellant is consumed at a constant 25,000 lbf thrust, until T/W 

of 1.85 is reached. This is the maximum sustained vacuum T/W ratio maintained 

by throttling down the main LRE. The control and guidance system uses engine 

gimbals (or other means of thrust-vector-control) to maintain LEO of 300 km 

while accelerating to the final orbital speed. Desired circular orbital speed is 

reached within ±5 m/s until cryogenic propellants are used. Simulation of forces 

acting on the spaceplane in vacuum ascent are presented in Figure 20. Throttling 

of the LRE sustainer to maintain maximum T/W ratio is obvious. 

 

 
 

Figure 18. Vacuum ascent time histories. 

 

Numerical integration (Equations C3 in Appendix C) returned the value of 

535 m/s for the gravity loss during vacuum ascent to LEO. Total gravity loss from 

18 to 300 km is accordingly about 1,400 m/s. Additional gravitational loss exists 

for the part from the launch site to 18 km height. 
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Figure 19. Vacuum ascent speed and T/W histories. 

 

 
Figure 20. Vacuum ascent forces on spaceplane (drag is negligible at 120+ km). 
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The effect of equatorial high-elevation launch site for LEO access is now 

explored in terms of gravitational loss. In order for a rocket to gain height it must 

do work against the conservative gravitational field. In the first approximation, 

the reduction of equatorial acceleration is neglected and spherical Earth with 

reference acceleration g0=9.80665 m/s2 is assumed. The energy budget due to 

gravitational field in topocentric frame-of-reference for the vertical zenith-

direction can be calculated from the energy balance: 
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A specific amount of kinetic energy must be sacrificed to do work against 

the gravitational field (potential energy gain). It was assumed here that the path is 

entirely vertical, while in real rocket flight the trajectory will be turning toward 

the local horizontal. 

 

NASA’s Cape Canaveral launch facility (where Kennedy Space Center – 

KSC is located), is at SL and N28.50 latitude where we can assume Earth’s radius 

to be approximately equal to its average spherical radius of 6,371 km. This 

contrasts with the here proposed equatorial launch sites because they are already 

at the height of about 5 km, plus the Earth’s equatorial radius is about 7.1 km 

thicker than the average spherical, i.e., 6,378.137 km (polar radius is 6,356.751 

km). If we now compare the gravity loss at KSC launch facility with the one at 

proposed high-equatorial location (about 12 km less distance to 300-km LEO), we 

obtain 978910.vv eqKSC  . 

 

For a 300-km LEO spacecraft launched from KSC, the velocity budget 

required to “defeat” gravity is about 2.37 km/s, which ultimately results in 50 m/s 

energy savings for launches from the proposed high-elevation equatorial 

locations. The fact that the local gravitational acceleration is lower at equatorial 

regions will result in a net gain of about 100 m/s which can be added to the 300-

310 m/s (or eventually even more) gained by catapult launches. Significant 

savings will also come in reduced aerodynamic drag and steering drag in normally 

thinner atmosphere at higher elevations. RBCC propulsion further increases 

average mission specific impulse (reduces required velocity budget for the rocket-

only mode), and all these factors combined result in markedly more efficient and 

cost-effective horizontal ground-based launch method.  
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The relative mass ratio (initial-to-final mass) increases exponentially with 

the velocity ratio (delta-V vs. C) as a consequence of Equation (1). A simple 

linear perturbation about the nominal (set) operation point is performed to observe 

how small changes in delta-V and/or C affect the mass ratio. We can write: 
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The estimate of the mass-ratio perturbation using the specific impulse 

instead of the effective exhaust speed, 0gIC SP  follows directly from the above 

Equation (25). 

 

Let us assume that we have the initial speed-ratio of 22.Cv   and 

therefore   02590 .mr  . For example, by clever mission design and trajectory 

optimization we were able to reduce design v  by 5%. Additionally, we were able 

to increase the effective exhaust speed by 6% (e.g., from 4,227 to 4,481 m/s) by 

using more efficient nozzle, improving combustion kinetics, and other small 

improvements. What is the total change in mass ratio? Since 
0gIC SP  increased, 

its effect will be negative, i.e., decreasing the mass ratio ( mr ). On the other side, 

reduced design 0v  will have positive effect, or reduce required mass ratio. So 

the total effect of these small changes will result in;  
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Thus, the total initial-to-final mass ratio will be reduced by more than 

24%. The mass ratio is a measure of propellant used and it implies that more 

weight will be available for payload. The payload-to-initial-mass is: 
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 Since the mass-ratio is decreasing, the payload-ratio is increasing. But the 

problem is that in propulsive systems with low ISP, the mass-ratio (conventional 

chemical rockets) to LEO is significant (in the range from 8 to 10). Thus, the 

increase in payload-ratio is small for low-ISP propulsion systems. The benefits of 

40

International Journal of Aviation, Aeronautics, and Aerospace, Vol. 3 [2016], Iss. 2, Art. 4

https://commons.erau.edu/ijaaa/vol3/iss2/4
DOI: https://doi.org/10.15394/ijaaa.2016.1116



 
 

even small mission-design and propulsion-efficiency improvements are 

comparatively more significant in the systems with initially higher mission-

specific mass-ratios. In our particular case, the payload fraction increased by only 

about 2.7% (e.g., payload from 300 kg to 308 kg). 

 

Despite all the technological advances, the SSTO concept remains highly 

marginal and many experts think that it will never be practical unless high-energy 

density fuels and efficient RBCC propulsion with mission-average ISP of at least 

700 seconds become available. Even though, small performance improvements 

could be achieved by using high-elevation equatorial catapult-launch locations, it 

is still not clear if this concept is economically justified. In any case it could work 

only with high-frequency of launches.  

 

Sure, we can launch payload at large cost. For example, Russian heavy-lift 

Proton and especially Energia launch vehicles can put up to 200 tons payload in 

LEO, while ESA’s ARIANE V launched from Kourou (French Guiana) can easily 

put 12 metric tons in geostationary transfer orbit (Maini and Agrawal, 2011). Also 

USA’s vertical-lift launchers such as Atlas, Delta, and Titan have well established 

reliability record and proven flight heritage. China (Long March series), India 

(PSLV and GSLV), Japan (H-2), and other nations are catching up. The main 

purpose of exploring proposed high-elevation equatorial catapult-launch idea is to 

achieve an order-of-magnitude lower launch costs compared to existing 

traditional multistage (parallel and serial) vertical launch systems.  

 

The critical point here are RBCC engines. Some RBCC engines have 

successfully passed ground testing, but not flight testing and have no flight 

heritage. Modern composite materials will have to be used to achieve light-

weight, yet very strong structures. Efficient and safe catapult launch represents 

another critical technology. The issue of re-entry thermal loads remains a huge 

problem. Using the same cooling system as with Space Shuttle Orbiter tiles is 

prohibitively expensive and time consuming. Additionally, the cryogenic 

LOX/LH2 bi-propellant remains a bottleneck in achieving space access 

breakthroughs. While one of the most energetic existing bi-propellants, a mission 

specific impulse of at least 50% higher is required for affordable space access. 

The RBCC concepts could provide some improvements for transatmospheric 

ascent, but above about 100 km up to LEO it is full rocket mode again.  The 

search for HED fuels/propellants is ongoing, but that is not going to be an easy 

endeavor as many such fuels are highly unstable. Catapult could be used to launch 

spaceplanes horizontally to even greater supersonic speeds (e.g. 500 m/s), but that 

introduces a number of technical, environmental, and, most of all, safety 

problems. 
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Another possible design improvements would be to use dual-mode ramjet 

combustion for transatmospheric ascent with RP-1/LOX (ISP of 300 to 360 s for 

SL-to-vacuum). It would be used at lower altitudes and airspeeds, followed by 

LH2/LOX propellants when Mach exceeds 4, or so. The kerosene-like mixture of 

saturated and unsaturated hydrocarbons (Sutton and Biblarz, 2001) rocket 

propellant blend RP-1 is about 11.5 times denser than LH2 and thus needs much 

smaller tanks, which significantly increases density-specific-impulse IdSP and 

subsequently reduces aerodynamic drag for transatmospheric ascent. The final 

spaceplane-RBCC designs would be a compromise between so many opposing 

factors and the result of complex optimizations. 

 

Even if the proposed idea is reasonable and economically justified, the 

crucial question is if the respective state governments and local communities 

would even allow such spaceports to be built. This may be especially sensitive 

issue in East African countries Kenya and Tanzania which could see disruption of 

local habitats by proposed spaceports. Suggested spaceports could severely affect 

local wildlife considering that also access roads have to be built. Considering 

these factors, special consideration and prioritization must be given to the human, 

animal, and geographical landscapes if such spaceports are ever to be built. 

 

Conclusions 

 

  A conceptual and feasibility study of an RBCC SSTO catapult-launched 

strap-on parallel-boosted reusable gliding-reentry spaceplane for economic short-

duration manned LEO access is presented and discussed. Several high-elevation 

equatorial spaceports, each having high-speed catapult-launch mechanisms, 

adjacent paved runways, and on-site support facilitates to produce propellants and 

electric energy, are proposed. The proposed multipurpose spaceplane can be used 

as space-taxi in space tourism and to carry crew and mini satellites. The high-

elevation equatorial launch sites provide less dense atmosphere, less distance to 

LEO, and the possibility to launch into any orbital plane. This terrestrial launch 

system enables direct equatorial LEO’s requiring minimum specific energy and 

delivering maximum specific payload capability of any existing launch system. 

The use of equatorial catapult launch and high-elevation spaceports in conjunction 

with RBCC propulsion concept reduces energy requirements by 500-600 m/s 

making it perhaps the most efficient future terrestrial launch system. Additionally, 

the use of integrated RBCC propulsion engine further increases specific impulse 

for the portion of transatmospheric flight. Due to the fact that the proposed 

spaceplane is not large or heavy, the technical, organizational, and safety 

requirements are much relaxed substantially lowering the operational cost. The 

first analysis suggests about $3,000/kg for payload to LEO. Of course, the fact 
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remains that SSTO is highly marginal concept and that RBCC engines still need 

flight test proving. Without more energetic propellants and very efficient RBCC 

propulsion devices there seems nothing on the horizon that could make SSTO 

concept truly practical. The absence of efficient SSTO will continue making 

access to near space expensive, challenging, and complex.  
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Appendix A 

 

Rocket engine thrust computations  

 

The actual thrust produced by the rocket-engine alone is: 
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The one-dimensional flow nozzle efficiency   accounts for various 

losses and is typically in the range of 0.85 to 0.98 (Hill and Peterson, 1992; 

Humble et al., 1995; Sutton and Biblarz, 2001). We assumed optimistic value of 

0.975. While some parameters, such as thrust coefficient CF, are changing as a 

function of atmospheric pressure, thrust or T/W (and acceleration) may be kept 

constant simply by throttling action modulating the propellant flow, which is 

relatively simple in the case of LRE. The effective (net) specific impulse and 

thrust are: 
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The expanded equation to calculate the specific impulse is: 
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The thrust coefficient is (Humble et al., 1995): 
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The ideal thrust-coefficient exists when the nozzle exit pressure is equal to 

the ambient pressure ( ae pp  ). The characteristic chamber combustion speed is 

(Hill and Peterson, 1992; Humble et al., 1995): 
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For example, in the case of the bi-propellant LOX/LH2 mixture with the 

combustion chamber absolute temperature of K28000 T , combustor pressure of 

bar300 p  (3 MPa), oxidizer-to-fuel ( 63.FO  ), the molecular weight of 

combustion products 59.M  , isentropic coefficient 261. , and the 

combustion efficiency %97c , the characteristic speed becomes about 

m/s03012 .,c*  . If the expansion ratio is set then we can calculate the nozzle 

exit Mach number (we want to maximize it), according to: 
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Numerical methods were used to solve this nonlinear implicit equation for 

unknown nozzle exit Mach number. Once we find the nozzle exit averaged Mach 

number for given propellants and assumed nozzle expansion ratio, we can 

calculate the ratio of the exit and combustion pressures: 
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Appendix B 

 

Analytical solution of gravity turn vacuum ascent trajectory 

 

The angle between the velocity vector and the local vertical   2  (zenith 

direction) in topocentric frame (see Figure 9), which changes from the initial 

condition value (e.g., almost vertical to local horizontal or 90o) is used (Thomson, 

1986). Neglecting aerodynamic drag is fair assumption at higher altitudes (above 

60 km): 
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The analytical solution of the above set of nonlinear ODE is only possible 

if constant T/W and gravitational acceleration is assumed resulting in (Thomson, 

1986): 
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Where index “0” signifies initial condition (vertical height and speed) and: 
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The time history can be evaluated from (Thomson, 1986): 
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Appendix C 

 

Simple numerical algorithm for rocket ascent trajectory simulations  

 

A numerical method based on a fixed forward-time (FT), single-step, Euler 

marching-in-time solver (Carnahan et al., 1969; Chapra and Canale, 2006; Press 

et al., 1992) is presented. This simple procedure can be easily programmed, and 

still yield reasonably accurate results for the flight durations used. The time step 

used here is 0.5 seconds. The set of discretized ODE using single-step, FT, 

explicit Euler numerical integration ( N,,,,n 210 ), yields: 
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with: 
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For example, the ICs for one of several tested discretized models of 

vacuum propulsion and orbit injection are: 
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We can, for all practical purposes, neglect aerodynamic drag for nearly 

vacuum ascent. The final (burnout) mass of the spaceplane is the initial mass 

minus the propellant used for ascending in trans-atmospheric flight: 
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The integration process also enabled a calculation of design, gravity loss, 

and aerodynamic-drag loss equivalent to delta-v or v  (see Equations 6 and 16): 
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